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SOME PRESS1.IDE-DISTRIBUTION MEASUREMENTS ON A SWEPT '\<TJNG AT 
TRANSONIC SPEEDS BY THE NACA '-111m-FLOW METHOD 
By J. Ford Johnston and Edward C. B. Danforth 
SUMMARY 
First results are given of ohordw1se pressure-distribution 
measurements on a 450 swept-back wing at transonic speeds. These 
tests are part of a fundamental investigation of flow phenomena 
near sonic veloci ty by the NACA ynng-flow method. Distributions 
were obtained at two spamTise extensions of the half-span model of 
2-inch chord and NACA 65-210 airfoil section measured perpendicular 
to the l eading edge . These extensions placed the plane of the 
orifices at 18 percent and 87 percent of the streamwise chord from 
the plane of symmetry. The corresponding as,ect ratios were 2.1 
and 3.5, respectIvely. 
The r esults indicate that: 
1. The section at 18 percent chord from the root experienced 
relatively large changes in the pressure distribution as the Mach 
number increased to and beyond 1.0; these changes were toward more 
positive pressures on the forward part of the airfoil and more 
negative on the rear, accompanied by a rearward shift of the peak 
negative pr essure. 
2. The section at 87 percent chord from the root showed 
rela t ively small changes in distribution with Mach number up to 1.05 
at zero lift and large changss toward more positive pressures on the 
forward upper surface under lifting conditions at sonic speeds. 
3. For both sections, the changes in pr essure distribution 
with Mach number did not indicate any appreciable net 108s in the 
section lift but did indicate large increase s in the section drag 
and diving moment, with the exception of the outboard station at 
zero lift. 
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4. The pressure changes at zero lif t were in qualita t ive 
agreement w:i.th t hose theor etically pr edicted at sections similarly 
located nth r espect t o the Mach cones from the root leading and 
trailing edges. 
5. Above a Mach number of 1.0, the r egion of h1gh drag due to 
the root extends farther outboard under lift ing conditions than 
at zero 11ft . 
:INTRODUCTION 
The beneficial ef fect of wing sweepback in r educing the changes 
in drag and lift associated with transonic flight speeds has been 
amply demons t rated as, for example, in references 1 to 3. Compa.rison 
of the r esul ts with the simple theory for an infini toe yawed .ring 
shows, however, that the benefits obtained are considerably smaller 
than the theoretical . Failure to r each the theor etical r esults is 
usually ascribed t o disturbances from the root, but no experimental 
inves t igations of these flo'" phenomena through the transonic range 
have been made pr eviously. Jones has investigated, theoretically, 
the effects of f inite aspect rat io on a nonlifting s.,ept wing in 
supersonic flow (refer ence 4). For this case, it is indicated that 
disturbe~ces from t he root cause a high drag inboard and that the 
tip disturbances may be beneficial. The theory has been applied in 
reference 5 to study of design parameters for nonl1fting swept-back 
mngs . 
In order t o determine exper imentally the flow phenomena on 
swept wings at transonic speeds, a program of pressure measurements 
by t he NACA Wing-flow method has been set up. The first model, like 
that of r efer ence 1, is an untapereo. 450 swept-back airfoil with 
NACA 65-210 2-inch chord sections measured perpendicular to the 
leading edge . 
The small model size limits the number of orifices and makes 
it o.ifficul t to obtain pr essures near the leading and trailing edges 
wi thout errors due to lag . Because of this fact, data so far 
obtained cover pressure distributions back only to about 77 percent 
chord f or sections near root and midspan for aspect r atios 2.1 
and 3.5, respectively. Greater chord.'ise coverage i s to be obta ined; 
in the interim, however, it is felt that the results of these first 
tests of swept-back-airfoil pressure dis tributions through the 
speed of sound are of sufficient inter est to justify reporting a t 
t his time . 
CONFI DENTIAL 
NACA RM No. L7D22 CGNFIDImTIAL 3 
APPARATUS AND PROCEDURE 
The airfoil (fig. 1) was mounted to extend into the high-speed 
air stream over a specially faired ammunition compartment cover on 
the wing of a P - 5lD airplane, as shown in figure 2. The curva ture 
of this cover plate was selected to give small horizontal velocity 
gradients at the model position up to test Mach numbers of about 1.05. 
Typical gradients and test Reynolds I numbers are given in figure 3. 
Perpendicular to the cover plate the velocity decreased less than 
1 percent per inch. The flo", angles and velocities at the model 
position were calibrated as in reference 1. 
A sketch of the 450 swept-back model and its mounting on an 
end plate flush with t he airplane wipg surface is given in figure 4. 
The gap between the airfoil and end plate was sealed to prevent 
l eakage . The airfoil sections perpendicular ' to the leading edge 
were of NACA 65-210 profile and 2-inch chorel. The tip was cut off 
parallel to the air stream and slightly rounded. Pressure 
distributions reported herein were obtained from upper- and lower-
1 
surface orifices in a plane parallel to and 22 inches inboard of 
the tip . As the airfoil "18.S tested at extensions giving 5-inch 
and 3-inch semispans, the test section was at 50 percent semispan, 
aspect ratio 3.5, and 18 percent semispan, aspect ratio 2.1, 
respectively. In terms of the chord parallel to the stream, these 
sta tions ivere at 0 .87 and 0 .18 chord from the plane of symmetry. 
The wing boundary-layer thickness at the model position was of the 
order of 0.1 inch, or 0 .035 model chord. The effects of a boundery 
layer at the root of a swept wing have not been evaluated . Therefore 
the inboard position of the orifice plane was taken as not closer 
than one-half inch (0.18 chord) to the root in an attempt to avoid 
large boundary-layer effects . 
Tests were generally made vrith seven orifices on the upper 
and seven orifices on the lower surface to make sure of having 
upper- and lower-surface distributions at the same angle of attack. 
The orifice locations are shown in figure 4. In order to check the 
fairing of the distributions, flights were also made with all 
orifices on one surface . 
Each test was made by diving the airplane from 28,000 feet 
altitude at a 250 angle, until an airplane Mach number of 0.72 was 
obtained. This procedure gave Mach numbers at the model station 
from 0.7 to 1.1. Continuous records on standard NACA recording 
instruments were taken during the dive of model airfoil pressures 
and angle of attack, airplane impact pressure and normal acceleration, 
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and altitude pressure and temperature . The model angle was varied 
by B. motor~driven cam which produced angles of attack by 20 steps 
from ~2° to 40 during test . By this means each of the intermediate 
angles was obtained about eight times durinB a dive, and the end 
angles, - 2 0 and 40 , "Tere obtained about four times. 
SYHBOlS 
M stream Mach number 
Mr-:r normal Mach number, M cos n 
q stream dynamic pressure 
q C082 n 
sweep angle 
~g1e of attack in stream direction 
~ normal angle of attack, ~/cos n for small angles 
section lift coefficient 
c~ normal section lift coefficient , c~/cos2 A 
N 
(:~j 
(dCLI 
\d.~ )N 
win lift urv I assum' ed 1 t 2M . i-g ~c e s ope, equa 0 A + 2 cos a 
at M = 0 
normal lift-curve slope, assumed equal to 2M 
A + 2 
at M = 0 
aspect ratio, b2/S 
b wing span perpendicular to stream direction 
S "ring area 
Co root chord, measured in stream direction 
y spanwise distance from root 
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RESULTS AND DISCUSSION 
From the faired curvee of the pressure at each orifice as· a 
function of Mach number and angle of attack, points were taken off . 
at angles of -20 , 00 , 20 , and 40 and at calibraten Mach numbers 
corrected for vertical gradients of 0.80, 0.90, 1.00, and 1.05. 
The pressure distributions so obtained are shovm in figures 5 and 6. 
A striking feature of these plots is the almost complete 
disappearance of negative pressure peaks at the nose as the Mach 
number approaches 1.0. At the same tiD:le, there ie an increase in 
the negative pressures near midchord. For the section near the 
root, there is also a pronounced r earward movement of the position 
of maximum suction on both surfaces. 
These effects may be etudied more conveniently in figures 7 
end 8 for ·angles of -20 for zero lift and of 40 for a l1·fting 
condition. The simplest case is that of zero lift, figure 7. Here 
the effects of the differences in aspect ratio for the two sets of 
pressure measurements arc small and the principal effects are those 
of Mach number and distance from the root. It may be seen from 
figure 7 that the sect ions differ considerably in pressure distri-
bution even at H = 0 .8 and that the midspan station y = 0.87°0 
shows relatively small Mach number effects as compared with the 
station near the root. At midspan, increasing Mach number beyond 0.9 
results in slightly mor e positive pressures near the nose and more 
negative pressures near midchord on both upper and lower surfaces , 
but the peak negatlve pressure does not move behind maximum thick-
ness up to M = 1 .05. The section near the root is characterized 
by r elatively larger increases in positive pressure ahead of maximum 
thickness and pronounced rearward shifts of the peak negative 
pressure as the Mach number reaches 1.0. 
For the lifting condition (fig. 8) the two sections cannot be 
compared directly at the same angle of attack because of the 
difference in aspect ratio. The principal feature is the dis -
appearance of the negative peaks at the noses of both sections 
wi th increasmg Mach nurilber. The change is rela ti vely cont inuous 
from M = 0 .• 8 for the section near the root, but takes place 
between M = 0.9 and M = 1.0 for the midspan station. Again 
it may be noted that the peak negative pressure at midspan does 
not move beyond maximum thickness, whereas there is a pronounced 
rearward shift beyond the midchord for the section near the root. 
The large changes of the upper-surface pressures near the nose as 
compared with the lbwer surface indicate e shift ·of the stagnation 
point toward the upper surface wi th ~creasing Mach number. This 
shift tended t o reduce the pressure changes with Mach number on the 
lower surface. 
CONFIDENTIAL. 
6 , CCNFIDENTIAL NACA RM No. L71)22 
The changes in pressure distribution with Mach number may be 
in terpreted quali ta ti vely as force changes. For example, the 
increasing positive forward pressures and the rearward movement of 
the peak negative pressures for the section near the root indicate 
relatively large increases in drag both at zero lift and under 
lifting conditions. The midspan section, on the other hand, shows 
only small changes at zero lift but relatively large drag increases 
as the Mach number reaches 1.0 under lifting conditions. The fact 
that the peale negative pressure does not shift beyond midchord 
indicates that the more outboard station probably has less drag 
than the other even under lifting cond:ttions. 
The center of lift is seen from figure 8 -to shift rearward 
with increasing Mach number for both stations, which indicates an 
increasing diving moment . The lift itself does not appear to be 
affected radically, as the loss of lift forward seems to be 
approximately balanced by gains to~~rd the rear . 
It is of interest to compare these pressure distributions with 
theoretical and experimental distributions on straight "dngs of the 
same section and Mach number normal to the leading edge. The 
theoretical distributions may be obtained from reference 6. Data 
have been obtained from the Ames 16-fqot high-speed wind tunnel for 
an UIls"rept wing of NACA 65-210 sec tiona, , aspec t ratio 9.0, and 
taper ratio 2.5., These data are compared with the theoretical 
solut ion given in figures 9 and 10 for zero and positive lift. As 
the distributions are a function primarily of the lift coefficient, 
the comparisons are made at the 'same low- speed normal lift 
coefficients as computed using the angles from zero lift and the 
( II ") assumed lift-curve slopes see Symbols • The theoretical pressure 
coefficients have been increase,d by the Prandtl-Glauert factor for 
the appropriate normal Mach numbe~ . , 
The distributions of figures 9 and 10 indicate t~at the 
pressures at the midspan station y = 0.87co may be predicted from 
the simple theory for both zero and :moderate lift coefficients so 
long as the stream Mach number is' subsonic. At a stream Mach 
number of 1.05, the prediction is still fair for zero lift but 
unusable for the lifting con,di tiOn. It is ,to be ,noted in particular 
that the breakdown with lift at the supersonic stream Mach number 
is not due t o the supercri tical normal Mach nUmber, ,since the 
experimental straight-wing distribution has no similar breakdown. 
For the inboard section y = 0018co t he similarity to the 
straight-~ving distributions decreases with increasing lift and 
disappears , at the higher Mach numbers. From figUres 7 and 8, the 
deterioration progresses with Mach number from 0.8 up. 
- ---- ------~----------
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The data so far presented show that the simple theory of the 
infinite yawed wing tends to break down at the root of a finite 
swept wing. This area of disturbance and drag spreads outboard 
at transonic speeds, partioular1y under lifting conditions. More 
accurate theoretical treatments of the swept wing have been made 
7 
for the subsonic lifting case by the 11fting-surface method, 
reference 1, and for the supersonic case at zero 11ft in references 4 
and 5. No treatment 1s yet available for the supersonic lifting 
condition where the wing is swept back behind the Mach cone. 
Although a detailed-discussion of these theories is beyond the 
scope of this paper, certain features are of interest. 
First, examination of the distribution of circulation on a 
300 s~fept wing in incompressible flow (ftg . 1 of reference 1) 
reveals that the circulation distribution 'at the center is shifted 
relatively rearward. By extenSion, there may be eJq?ected a rear-
ward movement of the center of pressure as ~.,ell as a. probable 
reduction of the negative pressures on the nose in relation to 
those at midspan. This difference is of the type found in the 
present tests. 
For the supersonic case at zero lift, reference 4 shows that 
the distribution at the root is of the Ackeret supersonic type, 
but reduced by the obliquity, and that the distributions change 
rapidly toward the subsonic type as a function of the section 
distance behind the root leading-edge Mach cone. The distribution 
is substantially of the subsonic type when the root leading-edge 
Mach cone is l-chord length ahead of t he leading edge. At 
M = 1.05 (fig. 9(b» the Mach cone is about 60 percent chord 
ahead of the midspan-section leading edge , and as predicted, the 
distribution at zero lift is very nearly like the subsonic. The 
differences are in the direction theoretically indicated - toward 
more positive pressures near the leading edge, followed by a slight 
overexpansion back to the intersection with the Mach cone from the 
root trailing edge at 40 or 50 percent chorn, then a continuous 
pressure recovery back to the trailing edge. The inboard section, 
as predicted; has even mare positive pressures on the forward surfaces 
end pronounced overexpansion behind maximum t..~1ckness. As the survey 
extended only to 11 percent chord, the sharp pressure recovery 
predicted at 85 percent chord could not be checked experimentally . 
The supersonic lifting case introduces a new problem of the 
effect of the pressure difference between upper and lower surfaces 
on the inclination of the flow ahead of the wing. The need for a 
theoretical treatment of this case is pointed out by the large wing 
area over lfhich these tests show the simple theory to be inadegua te. 
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CCNCLUSIONS 
. . 
Chordwise pressure-distributien tests at two. spanwise-stations 
en a sivept-back vling medel at transenic speeds indicated that : 
1 . Thes6ctien at 18 percent cherd frem the root experienced 
relatively large changes in the pressure distributien as the Mach 
number increased te ·and beyend 1 .0; these choo1ges were teward 
mere pesitive pressures en the ferward part of the airfeil and 
mere negative en the rear, accompanied by a rearward shift ef the 
peak negative pressure . 
2 . The sectien at 87 percent cherd frem the roe t shewed 
relat ively small changes in distribution with Mach number up to. 1.05 
at zero. lift but large changes toward mere pesitive pressures en 
the .ferward upper strrface un er lifting cenditiens at sonic speeds. 
3. Fer beth sectiens the changes in ·pressure distributien with 
Mach number did net indicate any a.ppreciable ne( less in the sectien 
lift, but did indicate large increases in the sectien drag and 
diving moment , with the exception noted ef the eutbeard station 
at zero. lift . 
4. The pressure changes a t zero. lift were in qualitative 
agreement with those t heeretically predicted at sections similarly 
leca ted with respect to. the Mach cones from the root leading and 
trailing edges . 
5. Abeve a Mach number of 1.0, the region ef high drag due to 
the,reot extends farther outboard under lifting conditiens than 
a t zero lift . 
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Langley Field., Va. 
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Figure 1. - NACA 65-210 airfoil model. 
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Fig. 1 
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Figure 2. - Airfoil model mounted on airplane wing; orifices at 50 percent semispan, 
3.5 aspect ratio. 
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